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ABSTRACT 
Testing of the first heatshield of the Fire II reentry vehicle was performed in the X1 superorbital expansion tube 
at The University of Queensland.  The test model was a 1:28 scale replica of the flight vehicle, and incorporated 
three thermocouples: stagnation and two radial.  A trajectory point towards the end of the first experimental 
testing period, at a total flight time of 1639.5s, an altitude of 61.5Km and velocity 11.1km/s was simulated in 
the expansion tube.  Stagnation point heat transfer was obtained using a fast response coaxial type E 
thermocouple.  In the current analysis the convective and radiative heating components were treated 
independently, where the convective component was scaled with the length scale and the absolute value of the 
radiative heat transfer was held constant. From this, the overall contribution of the radiative heat transfer to the 
total heat rate is decreased in the expansion tubes from an 18% contribution in flight to less than 1%, whereas 
the convective component was increased by a factor of 28. This results in the convective heat transfer being the 
major mode of heat transfer in the experimental models.  From the Fay and Riddell empirical convective heat 
transfer correlation it was shown that the parameter Ch√Re should remain constant between the flight and 
experimental tests provided ρL scaling is maintained.  Results from the current study show good agreement with 
the convective heating component of the flight vehicle and the Ch√Re values are in agreement to within 20% of 
the flight results.  The results obtained in this study give a strong indication that the relative radiative heat 
transfer contribution in the expansion tube tests is less than that in flight, supporting the analysis that the 
absolute value remains constant with ρL scaling 
 
NOMENCLATURE 
Ch Stanton Number 
D diameter (mm) 
Ho total enthalpy (MJ/kg) 
L length scale (mm) 
ls scale factor 
M Mach number 
p pressure (kPa) 
pp pitot pressure (kPa) 
Pr Prandtl Number 
q heat transfer (W/cm2) 
Rc corner radius (mm) 
Rn nose radius (mm) 
Re Reynolds Number 
T temperature (K) 
u velocity (km/s) 
ρ density (kg/m3) 
µ viscosity 
ρL binary scaling parameter 
 
subscripts 
conv convective 
e experimental 
f flight 
rad radiative 
 s post shock 
∞ freestream 
 
INTRODUCTION 
In the 1960’s during the Apollo program a lack of fundamental knowledge on reentry heating, in particular 
radiative, prompted a series of experiments by NASA that focused on investigating these phenomena.  
Construction and testing of these vehicles was known as Project Fire.  In this project (1964 – 1966) two 
unmanned, instrumented flight vehicles were flown in order to collect data pertaining to reentry aerodynamic 
heating.  The vehicles, Fire I and Fire II respectively, produced some of the preeminent experimental data on 
earth entry aerodynamic heating.  Each vehicle consisted of a blunt spherical nose attached to a conical 
afterbody via a small corner radius1, 2.  Data collection was performed over three distinct periods of the flight 
trajectory: the beginning of reentry (layer 1), the region around peak heating (layer 2) and the final stage of 
reentry up to and including impact (layer 3). This was achieved through the use of a layered heat shield.  Each 
heatshield was made from beryllium, contained 48 thermocouples in 12 radial positions and were backed with 
asbestoses to prevent thermal damage to subsequent heatshields1, 2.  In addition to the thermocouples, the 
heatshields were instrumented with three total radiometers (two on the forebody, one on the afterbody) and one 
spectral radiometer at the stagnation point.  The combination of the calorimeters and radiometers allowed for 
both total and radiative heating to be measured, from which convective could be established.  With the use of 
the layered heat shield, data collection was possible for a large proportion of the reentry flight, which would not 
have been attainable with one heatshield.  Although Project Fire consisted of two vehicles, only data from Fire 
II has been considered in subsequent analysis due to large body motions that led to difficulty in data reduction 
from Fire I.  With a ballistic entry speed of 11.35km/s at an altitude of 121.92 km, the flow encountered by Fire 
II ranged from high altitude, high velocity, highly nonequilibrium flow to near – equilibrium flow at lower 
altitudes and velocities.  It is this range of flow conditions that makes the data from the Fire II vehicle valuable 
in reentry aerothermodynamics, providing flight test data in which to compare and validate both ground based 
testing and numerical simulations.  The present study focuses on testing a scaled model of the first experimental 
layer in expansion tubes..  
 
PREVIOUS STUDIES 
The data obtained from the Fire II vehicle remains the best source of Earth entry heating.  As numerical 
simulation of hypersonic aerothermodynamics develops, with particular emphasis on radiative heating, the 
results of the Fire II have been used for code validation.  Sutton3 used equivalent hemispheres (to match the 
nose radius) corresponding to the three flight experimental layers, to numerically compute the heat transfer 
where the method used a coupled inviscid flow solution in chemical equilibrium.  Balakrihnan et al4 also used 
equivalent hemispheres using an equilibrium viscous shock layer coupled to equilibrium radiation in chemical 
and thermal equilibrium.  More recently, researchers have used the exact forebody shape of the Fire II in 
numerical simulations, first implemented by Greendyke and Hartung5. Trajectory points considered were from 
all three experimental testing layers. The flow field considered was in both thermal and chemical 
nonequilibrium and used finite rate chemistry; with radiative heat transfer calculated in both a coupled and 
uncoupled fashion.  Olynick et al6 also performed simulations of Fire II trajectory points spanning all three 
testing periods.  Olynick et al used a nonequilibrium, axisymmetric flow field with loosely coupled radiation.  
The most recent study on the Fire II by Wright et al7 focuses on heating to the afterbody of the first experimental 
layer at five trajectory points at altitudes between 75 – 60 km.  There have been no reported attempts to directly 
simulate the Fire II in ground facilities. 
 
EXPERIMENTAL FACILITY 
Creation of high enthalpy flows in expansion tubes, utilises the phenomena of test gas enthalpy multiplication 
through an unsteady expansion originally described by Resler and Bloxsom8.  The X1 superorbital expansion 
tube facility at the University of Queensland was used for all experiments presented in this paper. A schematic 
of this test facility is shown in Figure 1.   
 
 
Figure 1. Schematic of the X1 superorbital expansion tube at the University of Queensland9 
 
 This tunnel is driven by a helium filled free piston driver, which is separated from the shock tube by a 1mm 
steel diaphragm. The helium is compressed, and at 35MPa the primary diaphragm bursts. This results in a shock 
wave that propagates into the shock tube and accelerates the test gas. A light cellophane diaphragm that 
separates the acceleration tube from the shock tube ruptures, and the shock wave is accelerated as is passes 
through the low pressure acceleration gas (helium).  The test gas, located behind the shock is further accelerated 
as it passes through an unsteady expansion in the acceleration tube10, 11.  At the exit of the acceleration tube in 
the test section is positioned the instrumented test model, the test gas flows over the model and results are 
recorded.  Eight PCB pressure transducers mounted flush with the inside wall are positioned along the entire 
tunnel to allow for the determination of the primary and secondary shock speeds, and the test gas static pressure.   
 
In the current set of experiments, the X1 expansion tube was operated in a single driver mode. The primary 
driver consists of a 2.54m long, 101.6mm diameter helium driven compression tube, with a shock tube length of 
1.94m, and acceleration tube 2.98m in length.  Both shock and acceleration tubes have a 38mm diameter. The 
dump tank and test section has a volume of 0.15m3. 
 
EXPERIMENTAL MODELS 
Experimental models developed for testing in the X1 tunnel are direct 1:28 subscale models of the first 
instrumented heatshield of the Fire II flight vehicle.  Details of the flight testing layer geometries are given in 
Cornette1. Alterations to the afterbody were made to allow for easy access to the thermocouples and insertion 
into the tunnel.  Up to three thermocouple sensors can be inserted into the forebody, one at the stagnation point 
and two at radial positions, each positioned at a location corresponding to thermopile locations on the flight 
heatshield.  Fast response coaxial type-E thermocouples were used to measure heat flux12 to the experimental 
models. Figure 2(a) shows the forebody of a three thermocouple model and Figure 2(b) is a schematic of the test 
model on the sting, with the major dimensions given in Table 1.  Table 2 lists the locations of the thermocouples 
on the experimental model.  
 
  
(a) 
  
(b) 
Figure 2 (a) Schematic of the test model of the first experimental heatshield of the Fire II flight vehicle, (b) 
photo of the forebody of the layer 1 test models indicating thermocouple locations. 
 
 Table 1 Forebody dimensions of the Fire II experimental model 
Model   D (mm) Rn (mm) Rc (mm) 
Layer 1  24.28 33.78 0.4 
 
HEAT TRANSFER 
Scaling Convective Heating 
Experimental models were sized using binary scaling13. By doing this, the flow chemistry, speed, total enthalpy 
and post shock temperature are matched between the large flight vehicle and the small test model14.  When using 
binary scaling, the equivalent flight velocity is conserved along with the ρL product.  The conservation of these 
(a)
) 
(b) 
(c) 
 two parameters leads to a scaling law between the reported flight convective heat transfer and that expected on 
the test model.  Convective heat transfer is proportional to density, length and speed as indicated in equation 1.  
All the correlations discussed later (equations 9,10 and 11) show the same basic dependency. 
€ 
qconv∝  
ρ
L
u3     (1) 
 
Table 2 Location of the three forebody thermocouples 
Thermocouple Radial Distance (mm) 
Angular 
Distance (deg) 
A 0.0 0.0 
B 6.7 -56.25 
C 10.7 168.75 
 
By keeping the equivalent flight velocities the same, this expression for convective heat transfer reduces to 
being proportional to the ratio between the square root of density and the square root of a characteristic length.  
Thus, dropping the dependence of velocity to convective heating, the flight and experimental convective heating 
can be expressed as shown in equation’s 2 and 3 respectively 
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As a result of binary scaling it can be stated that 
€ 
ρeLe  =  ρ f L f .  Making this substitution into equation 3 and 
dividing by equation 2 gives an expression for scaling between flight convective heat transfer and experimental.  
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where, ls, is the scale factor and is defined as the ratio of 
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.  Thus, for a binary scaled model, the mass flow rate (
€ 
m
.
) through a stream tube in a scaled model can be 
expressed as being proportional to 
€ 
ls2ρU .  With this definition, the heat flux per kilogram is shown to be a 
constant (equation 5) as the ρL product remains unchanged (from binary scaling) as does the velocity. This 
results in equation 5 remaining invarient between the two vehicles, as the scale factors cancel leaving the flight 
specific heat transfer rate, which varies over the flight path, to remain constant at the desired flight time. 
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Scaling Radiative Heating 
Scaling of radiative heat transfer has long been a point of experimental research3, 15-23, and to date remains a 
poorly understood and defined area. Preliminary investigation into how to scale radiative heat transfer 
appropriately in expansion tubes has indicated that as the length scales are changed, the absolute value of the 
radiant surface heat flux will remain the same, provided that binary scaling is maintained.  Assumptions made in 
this analysis are: 1) the total radiant energy generated is proportional to the total amount of mass contained in a 
control volume; 2) geometrically similar sections of the flight and scaled model are considered; 3) solid angles 
and view factors between flight and scaled models are the same and 4) the post shock gas is assumed to be 
transparent and a diffuse radiator.   
 
The radiating gas behind the bow shock of a blunt hypersonic body can be considered to consist of a number of 
small volume elements that radiate equally in all directions.  The total radiant energy that is incident on a 
surface section of the hypersonic vehicle can be expressed as the product of the total radiant energy of the gas 
and the fraction of this energy that is absorbed by an area dA.  This fraction of radiant energy incident on dA is 
equivalent to the solid angle 
€ 
dA
L2
, thus, the total radiation incident on an area dA , Qrad , is given in equation 6. 
 
€ 
Qrad  ∝  ρL3.
dA
L2
    (6) 
 
 As we are concerned with the radiative heat flux crossing an area, qrad, the total value given in (6) must be 
divided by the area dA.  This net flux (W/m2) is given in equation (7), and it is seen that the radiative heat flux is 
proportional to the ρL product, regardless of the size of the elemental body surface area, dA.   
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The result of this analysis is that the expected net radiative heat flux to the scaled model is identical to the flight 
vehicle, provided ρL scaling is maintained. A major consequence of this result is that the relative contribution of 
radiative heat flux to the total heat load on a binary scaled model is considerably reduced compared to a flight 
vehicle, due to convective heating increasing by the scale factor.  
 
For the present study, as much as 18% of the reported total heat load to the flight vehicle at the condition 
investigated can be attributed to radiation1, 2.  The above analysis (indicating that the net radiation will remain 
constant between flight and test models) results in a reduced relative contribution (less than 1%) to the total heat 
load measured experimentally, as the convective component is the dominant source.  An important assumption 
that has been made in the above analysis on scaling radiation is that the coupling does not change, and thus it is 
a first order analysis and is valid for low percentages of radiation only.  Although the gas in this analysis was 
assumed transparent, non-transparent effects are governed by ρL scaling, as the decay term is proportional to 
€ 
e−αy  (where 
€ 
α  =  kρL), thus the analysis is also valid for non-transparent gases.   
 
Theoretical Convective Heating Correlations 
As previously explained it is expected that the majority of heat transfer to the experimental model will be from 
convection.  Two different well established correlations of convective heat transfer have been implemented to 
calculate the expected theoretical heat transfer. These are the Fay and Riddell24 and correlations given by 
equations 8 and 9 respectively.  These correlations are used to give predictions and to help interpret the effects 
of shot-to-shot variations in flow properties.  With ρL scaling it is evident from equations 8 and 9 that the value 
of convective heat transfer will be maintained between the flight vehicle and test models. 
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The Fay and Riddell convective heat transfercorrelation (equation 8) can be expressed as a function of the 
Stanton number and Reynolds numbers.  Expressed in terms of these non-dimensional numbers, the Fay and 
Riddell convective heat transfer can be written as shown in equations 10 and 11. 
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Although C is dependant on the density ratio across the shock and the Prandtl number, these variables can be 
considered to be constant between the flight and test vehicles.  As the density ratio is raised to the quarter 
power, and Prandtl number variations are small and shot to shot variations will have little effect on the value of 
C and the value of Ch√Re should remain constant between flight and scaled models.  This result has been 
utilized in analyzing the experimental results. 
 
Reduced Flight Heat Data 
The reported total heat transfer rate to the stagnation point of the Fire II at a total flight time of 1639.5s is 635.7 
W/cm2 1 and as much as 18% of this is from radiative heating1, 2.  Thus, the convective heat transfer was 
estimated to be 525 W/cm2. To correctly compare the flight data with the experimental (where by keeping the 
absolute value of radiative heat transfer constant gives an overall contribution of less than 1%) the heat rate due 
to convection was multiplied by the scale factor, yielding a value of 14.52 kW/cm2.  The flight component of 
radiation, approximately 111 W/cm2, was added to the scaled convection component, to obtain the expected 
 total stagnation point heat transfer of 14.63 kW/cm2.  An analytical expression for this process is given in 
equation 12, and the resulting value is referred to as the reduced flight data in subsequent discussion. 
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This result is based on the assumption that equations 8 and 9 are correct in form and that the reduced heat 
transfer per kilogram of air flow 
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 does not change the flow field. 
 
 
TEST CONDITIONS AND DATA REDUCTION 
 
Freestream Conditions 
A well established and tested27 high enthalpy operating condition was used for all the current tests, shock speeds 
and freestream properties are given in Table 3.  This operating condition simulated the flow at a total flight time 
of 1639.5 seconds, where the altitude was 61.5 km and freestream velocity, pressure and density were 11.1 
km/s, 21 Pa and 3.0 x 10-4 kg/m3 respectively[1].  
 
Table 3 Shock speeds and free stream conditions 
Primary shock speed (km/s) 5.6 
Secondary shock speed (km/s) 9.7 
Total enthalpy (MJ/kg) 60.3 
ρ∞ (kg/m3) 
p∞ (kPa) 
T∞ (K) 
13.1 x 10-3 
17.5 
3370 
M∞ 7 
 
Reynolds and Stanton Number 
For subscale testing of hypersonic bodies, the appropriate form of Reynolds number is based on the post shock 
properties28.  The form of Reynolds number used in the analysis of results is given in equation 13. 
€ 
Re =  ρsUsRn
µs
    (13) 
 
Equation 14 gives the form of the Stanton number used to non-dimensionalize the heat flux to the experimental 
model.   
 
€ 
Ch  =  q
ρsUsHo
    (14)  
RESULTS 
A Typical test gas static pressure trace (taken from the last wall mounted PCB transducer at the exit of the 
acceleration tube) and integrated stagnation point heat transfer are shown in Figure 3.  Both of these plots are for 
the same shot.  Approximately 25 µs of steady test time was achieved for all shots. 
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Figure 3 Typical experimental traces for (a) test gas static pressure and (b) integrated heat transfer to the 
stagnation point of the first experimental heatshield of the Fire II vehicle in the X1 superorbital expansion tube. 
 
Freestream and Post Shock Conditions 
The primary and secondary shock speeds given in Table 3 are the averaged values from all shots on the Fire II 
model. From these values and the shock tube fill pressure, the averaged freestream properties were calculated 
form a program called JUMP.  This program is similar to TUBE10, that uses a one-dimensional analysis that 
considers only the test gas processes. Unlike TUBE, where the chemical processes can only be in equilibrium or 
frozen, JUMP allows the user to input a velocity were the chemical processes are frozen. Prior to this velocity, 
chemical equilibrium is assumed.  The calculated average freestream properties are also given in Table 3.  
Conditions immediately behind the bow shock in the stagnation region were computed from the NASA CEA 
code29, using the shock problem option, which considers flow through a normal shock.  As the forebody of the 
Fire II is very blunt, the assumption of a normal shock in the stagnation region is valid, and this technique to 
calculate post shock properties is applicable.  Averaged post shock properties are given in Table 4.  
 
Table 4 Post shock properties in the stagnation region of the first heatshield of the Fire II forebody in the X1 
superorbital expansion tube. 
ρs (kg/m3) 14.1 x 10-2 
ps (kPa) 1100 
Ts (K) 12800 
Us (m/s) 890 
µs (CEA) (kg/m/s) 292 x 10-6 
µs (Sutherland) 
(kg/m/s) 
171 x 10-6 
 
Stagnation Point Results 
Integrated stagnation point heat transfer was non-dimensionalised with the reduced flight heat transfer and 
plotted against non-dimensionalised equivalent velocity, shown in figure 4.  The mean value of the experimental 
heat transfer results lies between the reduced flight data and the flight data, giving no direct indication that the 
experimental results supports the above analysis that the absolute value of radiative heat transfer will remain 
constant.  However, it is seen that the mean experimental values correspond to the upper limit of the reported 
uncertainty in flight heat data.  There is a reasonable amount of scatter in the heat transfer values, and it is 
believed that shot-to-shot variations in the free stream conditions contribute to this scatter.  A technique that was 
used to minimize the effect of shot-to-shot variations is described later along with the results.   
 
Equivalent flow velocity achieved in the X1 expansion tube was within an acceptable range of the flight 
velocity of 11.1km/s, however the majority of shots yielded velocities slightly lower than flight.  The horizontal 
error bars of Figure 4 indicate the uncertainty in the calculation of the experimental equivalent velocity for each 
shot.  Error in the calculation of the secondary shock speed was less than ±1% and the error in static enthalpy 
was calculated to be approximately ±2%.  These errors in flow speed and static enthalpy resulted in an error in 
equivalent velocity of approximately  ±2%.  Also shown in Figure 4 are two theoretical convective heating rates 
calculated from the Fay and Riddell and Zoby correlations (equations 8 and 9 respectively).  These theoretical 
convective heat transfer rates were calculated based on flow properties at the particular flight speed, rather than 
the averaged freestream and post shock values.  The trend shown in both theoretical correlations, that the 
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 convective heat transfer decreases as the speed is increased was expected as it was calculated that at an 
approximate Mach number of 5.5 the heat transfer would begin to decrease with flight speed.  The experimental 
results follow this trend at non-dimensionalised velocities less than 1 however; at the higher speed (Ue/Uf > 1) 
the experimental results show heat transfer well above the theoretical correlations.   
 
The Fay and Riddell and Zoby correlations agree well with each other and with the experimental results where 
Ue/Uf < 1.  Both of these analytical correlations still under predict the expected heat transfer of the reduced 
flight value (where the absolute value of stagnation radiative heat transfer was held constant and the convective 
component scaled with the length scale) by about 10%.  The Fay and Riddell and Zoby correlations give support 
to the current analysis that the relative component of radiative heat transfer to total heat transfer, is reduced in 
the expansion tube tests.  This is shown by the two theoretical correlations under predicting the flight data by up 
to 45%, and the reduced flight data by 10-18%.  This indicates that the majority of the heat transfer is due to 
convection (as the reduced flight data has less than 1% due to radiative heat transfer).   
 
To reduce the effect of shot-to-shot variations in the flow conditions, the value of Ch√Re for each shot was 
calculated and compared with the flight and reduced flight values.  Provided that the basic forms of equations 8 
and 9 are valid in their present form, this non-dimesionalised number will remain constant between the flight 
and experimental models.  This number incorporates both flow field properties (Re) and heat transfer (Ch) and 
is a more indicative parameter for comparison with heating data from the flight vehicle that Stanton number or 
heat transfer rate alone.  For all calculations, post bow shock properties were used.  Figure 5 shows these 
computed values against the non-dimensionalised velocity.  
 
Figure 4 Experimentally measured stagnation point heat transfer to the Fire II forebody non-dimensionalised 
with the reduced flight heat rate versus the non-dimensionalised equivalent velocity 
 
The experimental mean Ch√Re value shown in Figure 5 is closer to the reduced flight data than the flight data, 
whereas in Figure 4 fell between these two values.  With a Ch√Re value of 2.6, the experimental data is 
approximately 21% lower than the reduced flight value.  This decrease between the experimental results and 
expected reduced flight value could be a result of the coupling between radiation and the flow field.  As stated 
earlier, the analysis performed in the present study assumes that there is no, or very little, coupling between 
radiation and the flow field.  In the experimental model the relative contribution of radiation is reduced (from 
approximately 18% to less than 1%).  This reduction results in the post shock conditions being slightly different 
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 between the flight and experimental models, thus, the convective componet of heat transfer will also be 
different.   Another variable that could have lead to a decrease in the expected reduced flight data, is the amount 
of radiation incident on the flight vehicle.  At the point considered in the present study, the radiative heat 
transfer was not presented in graphical form and instead was evaluated using the process outlined in Cauchon2.  
An analytical correlation for radiative heat transfer by Tauber and Sutton21 was also used to estimate the 
radiative heat transfer at the flight time under investigation.  Using this correlation the expected radiative heat 
transfer to the flight vehicle was as much as four times greater than that calculated by the technique described 
by Cauchon2.  The effect that this has on the expected heat transfer to the test model is to increase the radiative 
component to 5% from the current value of less than 1%.  Due to this increase in radiative heat transfer, the 
expected convective heat transfer is reduced from 14.7 kW/cm2 to 6.89 kW/cm2, a reduction of 47%.  This large 
reduction in the convective heating has an equally large effect on the value of Ch√Re value.  If the calculated 
Tauber and Sutton value for the amount of radiation were used, then the reduced flight Ch√Re value would be 
1.45 instead of the current 2.83 (a factor of approximately 1.4 less).  From Figure 5, it is clear that the Ch√Re 
value calculated using the Tauber and Sutton radiative heat transfer correlation would drastically under predict 
both the experimental data and the reduced flight data. 
 
As a further comparison between these two methods of predicting radiative heat transfer, a flight time of 1636.2 
seconds was analyzed.  At this flight time Cauchon2 presents graphical data on the radiative heat transfer, and 
the flight parameters are within the stated limits for the Tauber and Sutton correlation21.  Again, it was found 
that the Tauber and Sutton correlation over predicted the radiative heat transfer by a factor of approximately 2.5.  
A similar over prediction of radiative heat transfer is also documented by Doihara and Nishida30. The 
uncertainty in the amount of stagnation point radiative heat transfer at the flight time  
 
 
Figure 5 Ch√Re versus non-dimensionalised velocity where Stanton and Reynolds numbers has been calculated 
with post shock properties. 
 
 
studied in this research could lead to a decreased reduced flight value, and further study is required. 
 
Also shown in Figure 5 is that the flight value (where convective and radiative heat transfer have been treated 
identically) lies outside the upper limit of one standard deviation of the experimental data.  This result further 
suggests that the relative contribution of radiative heat transfer is diminished in the expansion tube tests.  As 
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 with Figure 4, the two theoretical correlations used for convective heat transfer under predict both the reduced 
flight and experimental data. 
 
CONCLUSION 
A 1:28 scale model (ρL scaling) of the first heatshield of the Fire II reentry vehicle was tested in the X1 
superorbital expansion tube at The University of Queensland.  The flight trajectory point simulated was at a total 
flight time of 1639.5 s, at an altitude of 61.5 km with a speed of 11.1km/s where up to a reported 18% of the 
total heat transfer was due to radiation.  It was shown that the convective component of heat transfer on the 
scale model is increased by a factor of the length scale, and it was proposed that the absolute magnitude of the 
radiative component remains constant between the flight vehicle and experimental model, provided ρL scaling 
is maintained.  The experimentally measured heat transfer to the stagnation point supports this theory, indicating 
that the major heat transfer mechanism was due to convection, and agrees well with scaled flight data where the 
two components of heat transfer are scaled separately.  Two analytical convective heat transfer models were 
used and both under predicted both the heating levels measured experimentally and those from flight, however 
indicated that the majority of heat transfer is convective. 
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